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LOW-SPEEDAERODYNAMIC CHARACTERISTICS
OF A 13-PERCENT-THICK AIRFOIL
SECTION DESIGNED FOR GENERAL AVIATION
APPLICATIONS
By Robert J. McGhee, William D. Beasley, and Dan M. Somers
Langley Research Center
SU_ARY
An investigation was conducted in the Langley low-turbulence pressure
tunnel to determine the low-speed section cha_act_ristlcs of a 13-percent-thick
airfoil designed for general aviation applications. The results are compared
with older NACA 12-percent-thick sections and with the 17-p_rcent-thick NASA
GA(W)-l airfoil. The tests were conducted over a Mach number range from 0.]0
to 0.35 and an angle-of-attack range from -10 ° to 22 °. Chord Reynolds numbers
were varied from about 2.0 x l06 to 9.0 x l06.
The results of the investigation indicate that maximum section lift co-
efficients at a Mach number of 0.15 increased from about 1.7 to 2.1 as the
Reynolds number was increased from about 2.0 x l06 to 9.0 x l06. Stall chaT-
acterlstlcs were generally gradual and of the trailing-edge type. The applica-
tion of a n_rrow roughness strip near the l_adlng edge resulted in only _:uall
effects on the llft characteristics at a Reynolds number oz about 6.0 x l06,
whereas extensive roughness wrapped aro'md the leading-edge resulted in a de-
crease in -_x_mum section lift coefficient of about 19 percent. Increasing the
Maeh number from 0.10 to 0.35 at _. constan _ Reynolds number of about 6.0 x l06
decreased !_he maximum section lift coefficient about 16 percent, with most of
the decr,_sf >ccurrlng above a Mach numb_r of abo_it 0.28. The 13-percent-thick
airfoil comparedto the 17-percent-thlck GA(W)-l airfoil, provided about a
0.10 increase in m_xim_nsection lift coefficient, reduced the section profile
drag coefficients at all lift coefficients, and increased the section lift-
drag ratio about 22 percent at cruise and about 14 percent at climb. Maximum
section lift coefficient at a Reynolds numberof about 6.0 x l06 was about 16
percent greater than the NACA23012airfoil section.
INTRODUCTION
Researchon advancedtechnology airfoils has received considerable atten-
tion over the last several years at the Langley Research Center. Reference 1
reports the results of the NASAGA(W)-l airfoil, which was specifically de-
signed for a twin-engine propeller driven light airplane. The achievement of
high performance of the GA(W)-l airfoil has _2omptedthe development of a
family of airfoila of differing thickness and camber. This report presents
the basic lov-speed aerodynamic characteristics of a 13-p_rcent-thick airfoil
derived from the GA(W)-l airfoil. This airfoil has been d_signated as General
Aviation (_nitcomb)-number two airfoil. (GA(W)-2).
The investigation was performed in the Langley low-turbulence pressure
tunnel over a Machnumberrsnge from 0.10 to 0.35. The chord Reynolds nu_ober
varied from about 2.0 x 106 to 9.0 x l06. The g_ometrical augle of attack
varied from about -10° to 22°.
SYMBOLS
Values are given in both SI and the U.S. CustomaryUnits. Themeasure-
ments and calculations ?_eremade in the U.S_ CustomaryUnlta.
C pressure coefficient, PL " P_
P q®
c airfoil chord, centimeters (inches_
2
C
n
h
",/d
% sectiono,,or<,-fo,,oooo <<_oiont,_,>_/_)
D' (_)cd section profile-drag coefficient, . d d
wake
!
c d point drag coefficient (_-ef. 2)
c section lift coefficient, c cos a - c sin
I n c
c section pitching-moment coefficient about quarter-chord point,
m
s%
section normal-force coefficient, P
vertical distance in wake profile, centimeters (inches)
section llft-drag ratio, ci/ cd
N free-stream Mach number
p static pressure, N/m 2 _lb/ft 2)
q dynamic pressure, N/m 2 (ib/ft 2)
R Reynolds number based on free-stream conditions_and airfoil chord
t airfoil thickness, centimeters (inches)
x airfoil abscissa, centimeters (inches)
z airfoil ordinate, centimeters (inches)
z mean line ordinate, centimeters (inches)
C
zt mean thickness, centimeter_ (inches)
a geometric angle of attack, degrees
Subscripts:
L local point on airfoil
maximum
free-strewn conditions
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MODEL, .MPPARATUS, AND PROCEDURE
Model
The 13-percent airfoil section (fig. i) was obtained by linearly decreas-
ing the mean thickness distribution of the 17-percent GA(W_-l airfoil by 0.765
(l_) and this thickness distribution with the camber line of thecombining mean
GA(W)-l airfoil. This method of obtaining the airfoil family was selected
after theoretical analysis, using a subsonic viscous method, showed that the
resulting airfoils should have similar characteristics to the GA(_I)-l airfoil.
The mean camber and thickness distribution are shown in figure 2 and table I
presents the measured airfoil coordinates.
The airfoil model was constructed utilizing a metal core around which
plastic fill and two thin layers of fiberglass was used to form the contour of
the airfoil. The model had a chord of 61.01 cm (24.02 in.) and a span of
91.44 cm (36 in.). The model was equipped with both upper and lover surface
orifices located 5.08 cm (2 in.) off the midspan and at the chord stations
indicated in table II. The airfoil surface was sanded in the chordwise direc-
tion with number 400 dry silicon carbide paper to provide a smooth aerodynamic
finish. Figure 3 shows a photograph of the model.
Wind _nnel
The Langley low-turbulence pressure tunnel (ref. 3) is a closed-throat,
single-return tunnel which can b_operated at stagnation pressures from 1 to
l0 atmospheres with tunnel-empty test section Mach numbers up to 0.42 and 0.22,
respectively. The maximum un_t Reynolds number is about 49 x l06 per meter
(15 x 106 per foot) at a Math number of about 0.22. The tunnel test section
is 91.44 cm (3 ft) wide by 228.6 (7.5 ft) high.
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Hydr_alically actuated circular plates provided positioning and attach-
ment for the two-dimensional model. The plates are 101.60 cm (_0 in.) in
diameter, rotate with the airfoil, and are flush w_th the tunnel wall. The
airfoil e_Is were attached to rectangular _odel attachment plates (fig. _) and
the airfoil was mounted so that the center of rotstion of the circular plates
was at 0.25c on the model reference line. Tho ai_" ga_ at the tunnel walls
between the rectangular plates and the circular plates were sealed with flax-
ible sliding metal seals, shown in figure _
Wake Survey Rake
A fixed wake survey rake (fig. 5) at the model mldspan was cantilever
mounted from the tunnel sidewall and located one chord length behind the
trailing edge of the airfoil. The wake rake utilized 91 total-pressure tubes,
0.152h cm (0.060 in.) in diameter, and six static-pressure tubes, 0.3175 cm
(0.125 in.) in diameter. The total-pressure tubes were flattened to 0.1016 cm
(0.0h0 in.) for 0.6096 cm (0.2h in.) from the tip of the tube. The static-
pressure tubes each had four flush _,r_fices drilled 90 ° apart and located 8
tube diameters from the tip of the tube and in the measura_nent plane of the
total-pressure tubes.
Instrumentation
Measurements of the static presm_es on the airfoil surfaces and the wake
rake pressures were made by an automatic pressure-scanning sy_t_mutillzing
variable-capacitance-t_rpe precision transducers. Basic tunnel pressures _ere
measured with precision quartz manometers. Angle of attack _as measured with
a calibrated digital shaft encoder operated by a pinion gear and rack attached
to the circular model attachment plates. Data were obtained by a hlgh-speed
acquisition system and recorded on magnetic tape.
TESTSANDMETHODS
The airfoil was tested at Machntm_ers from 0.i0 to 0.35 over an angle-
of-att_ck_ange from about -10e to 22°. Reynolds numberbased on the airfoil
chord _s.s varied from about 2.0 x l06 to 9.0 x l06. The airfoil was tested
both smooth _natural transition) and with roughness located on both upper and
lower surfaces at 0.075c. The roughness was sized for each Reynolds number
according_tn_r_fmr_nca__ The roughness consisted of granular-type strips
0_127cm (0.05 in.) wide, sparely distributed, and attached to the airfoil
surface with clear lacquer. At a Reynolds numberof 6.0 x l0 ° and a Nach
numberof 0.15_the NACAstandard roughness (number60 grains wrapped around
leading edge on both surfaces back to 0.08c) was employedso that comparisons
with older NACAairfoil data could be made. Eor__savezal_te_t runs oil was
spread over the airfoil upper surface to determine if any local flow separation
was present. Tufts were attached to the airfoil and tunnel sidewalls with
plastic tape to determine stall patterns.
The static-pressure measurementsat the airfoil surface were reduced to
standard pressure coefficients and machine integrated to obtain section normal-
force and chord-force coefficients and section pitching-moment coefficients
about the quarter chord. Section profile-drag coefficient was computedfrom
the wake-rake total and static pressures by the method reported in reference 2.
An estimate of the standard low-speed wind-tunnel boundary corrections
(ref. 5) amounted to a maximum of about 2 percent of the measured coefficients
and these corrections have not been applied to the data, except for the data
shown in figure 18(a).
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DISCUSSION
Lift.- Figure 6 shows that with the GA(W)-2 airfoil smooth _natural
boundary-layer transition) a lift-curve slope of about 0.11 per degree (un-
corrected for wall boundary effects) and a lift coefficient of about 0.49 at
a = 0° was obtained for the Reynolds numbers investigated, CM = 0.15). Maxi-
mum lift coefficients (fig. 17) increased almost linearly with increasing
Reynolds number and obtained values of about 1.7 at R = 2.1 x l06 and about
2.1 at R = 9.0 x l06. The airfoil section exhibits a gradual type stall
(fig. 6), particularly e,t the lower Reynolds numbers. Tuft pictures (not
shown) and the pressure data of figure ll indicated that the stall is of the
turbulent or trailing-edge type.
The addition of a roughness strip at .075c (fig. 6) altered the llft
characteristics because of changes in boundary-layer thickness, particularly
at the lower test Reynolds numbers. For example, at R = 2.1 x l0 g (fig. 6(a))
the angle of attack for zero llft coefficient changed from about -4.1 ° to -3,8 °,
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and the li_ coefficient at a = 0° decreased from about 0.49 to 0._. These
effects on the llft cl_racterlstics decreased as the Reynolds number was In-
creased and were essentially eliminated at R = 9_h x 106 (fig. 6_e)l. Figure
iB shows that the-roughness strip had only minor effects on the airfoil's
maximum llft coefficients for the Reynolds number range tested. A comparison
of the lift data obtaln_d with a roughness strip (.number 100 grit; sized for
R = 6.0 x l06) and with __xtenslve roughness (no. 60 grit) wrapped around the
leading-edge is shown in figure 7(a) for R _ 6.0 x l06. A decrease in the
angle of attack for Cl,m_ x of about 5° and a decrease of about 19 percent in
c is shown for the wraparound roughness.
l ,m_X
The effects of Mach number on the airfoil lift characteristics at a
Reynolds number of R _ 6.0 x l06 are shown in figure 8(a) for the smooth air-
foil and in figure 9(a) for the airfoil with a roughness strip located at
x/c = 0.075. The expected Prandtl-Gauert increase in lift-curve slope is
indicated by increasing the Mach number from 0.10 to 0.35. This same Mach
number increase, however (figs. 8(a) and 9(a)) resulted in a decrease in the
stall angle of attack of about 6° and about a 16 percent decrease in Cl,max.
Figure l_ shows that most of this decrease in Cl,ma x (about 12 percent)
occurred above M = 0.28. These Mach number effects are a result of super-
critical flow occurring near the leading-edge on the upper-surface of the
airfoil.
Comparison of the data for the 17 percent GA(W)-l and 13 percent GA(W)-2
airfoils for typical operating range_ of Reynolds numbers for light general
aviation airplanes (R = 2.0 x l06 to R = 6.0 x l06) are shown in figures 10,
13 and 14. The predominant effect of decreasing the airfoil thickness is to
increase the section li_ coefficients in the high angle of attack range and
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hence increase c by about 0.I0. Figure 13 shows that on the log scale
l _mS,,X
the variation of_a_,ma x with Reynolds number for the GA(W)-2 airfoil is a_,1ost
a straight line and that the addition of a roughness _trip had little effect.
This contrasts with the S-type curve shown for the GA(W)-I airfoil smooth and
the decrease with the addition of roughness .......This_improvement in Cl,ma x for
the thinner airfoil is attributed to reduced upper-surface boundary-layer flow
separation as illustrated by the pressure data comparison of figure 12(b).
The effects of M_ch number on c for the two airfoils up to M _ 0.28 are
l ,max
similar and are shown in figure i_ at R _ 6.0 x 106. Above M.= 0.28 the
GA(W)-2 airfoil indicates a large decrease in Cl,ma x. No data are available
for the GA(W)-l airfoil because of tunnel power limitations.
Comparisons of the maximum section lift coefficients of the GA(W)-2 air-
foil with the older__12_percent NACA airfoils in a smooth condition are shown
in figure 17. Increases in Cl,ma x from about 0.20 to 0._0 throughout the
Reynolds number range are indicated when compared to the 4 and 5 digit and
65 series. Thus, at a Reynolds number of 6.0 x l06, about a 2_ percent improve-
ment in Cl,ma x is shown for the GA(W)-2 airfoil over the 4_12 airfoil and a
16 percent improvement over the 23012 airfoil. Figure 18(a) shows a compari-
son of the lift characteristics of the NACA 4_12, 23012, _u_d 651-412 airfoils
at a Reynolds number of 6.0 x l06 to the GA(W)-2 airfoil with extensive wrap-
around roughness employed. Even for this extreme case of roug.hness the GA(W)-2
airfoil exhibited superior lift characteristics compared to the older_NACA .....
airfoils. Similar improvements in Cl,ma x (fig. 19(a)) are shown c_apared to
the recent data (ref. 7) obtained on a NACA 65!-213 airfoil with the narrow
strip roughness.
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Comparison of the axperlmental lift data with the viscous flow theory of
reference 8 for a Reynolds number of 3.0 x l06 and transition fixed at
x/c = 0.075 are shown in figure 20. As previously reported (ref. 1), the
theoretical method satisfactorily predicts the lift data for angles of attack
where no significant boundary-layer flow separation is present.
Pitching-moment.- The pltching-moment coefficient data for the smooth
airfoil (fig. 6) were generally insensitive to Reynolds number in the low
angle of attack range and the addition of roughness only caused small positive
increments in c . Comparison of the pitching-moment data for the Reynolds
m
numbers tested show for angles of attack greater than about 6° and below the
stall angle that the values of c are less negative at the low Reynolds num-
m
bers. This is typical of the decambering effect associated with boundary-
layer thickening at the low Reynolds numbers. At a Reynolds number of about
6.0 x ]06 increasing the Mach number from 0.10 to 0.35 (fig. 8(a)) caused no
effect on the pitching-moment data up to about 8° . At the higher angles of
attack a positive increment in c is shown..
m
Comparison of the data for the GA(_)-l and GACW)-2 airfoils in figure l0
show that the pitchlng-moment characteristics are essentially the same.
Figure 18 (a) shows the expected more negative values of cm for the GA(W)-2
airfoil, resulting from th_ aft camber for this t_rpe of airfoil, when compared
to the older NACA airfoils. Comparisons of the _;xp_rimental cm data with the
theory of reference 8 (fig. 20) indicate reasonable agreement only up to about
_ 6 ° .
D_rag and lift-dra_ ratio.- The profile dr_Jg data of figure 6 indicate a
"laminar bucket" in the drag polar for the smooth airfoil at the lower test
Reynolds numbers. In practical general aviation application, no "laminar
II
bucket" would be expected because boundary-layer transition usually occurs
near the leading edge of the airfoils, a result of roughness of ccnstruction
or insect rf_nains gathered in flight.
The addition of a roughness strip at .075c (fig. 6) rc_"ited in essen-
tially full chord turbulent flow which was confirmed _y _i_-flc_J t_cnniques.
The scale effects (fig. 15)_ design lit"t-coefficient (c = 0.40) were gen-
erally consistent _iith flat-plate drag variations (ref. 6). Application of
extensive _z'aparound roughness (fig ....7(b)) at R _ 6.0 x l06 indicates about
0.0010 increase in cd at design lift, compared to the strip roughness, and
large increases at higher lift coefficients. The drag data (fig. 9(b)) also
indicate large increases in cd at high lift coefficients by increasing the
M_ch numbers from 0.10 to 0.35.
Comparison of the drag data for the GA(W)-l and GA(W)-2 airfoils for
typical opezating ranges of Reynolds numbers for light general aviation air-
planes with fixed transition near the leading-edge are shorn in figures 10,
15 and 3.6. Decreasing the airfoil thickness from 17 percent to 13 percent
decreased the drag coefficient throughout the lift coefficient range (fig. 10)
and extended the range of lift coefficients for low profile drag. At a typical
cruise condition (_ = 0.40, R _ 6.0 x l06) a decrease in cd of about .0018
1
(fig. 15) is indicated by decreasing the airfoil thickness from l7 percent to
13 percent. This constitutes about a 22 percent increase in section lift-drag
ratio. At a typical climb condition for light aircraft (c = 1.0, R _ 4.0 x l06)
1
a decrease in cd of about .0015 is shown. The corresponding values of lift-
drag ratio (fig. 16) are about 77 (GA(W)-l) and 88 (GA(W)-2), or about a 14
percent improvement. The values of (I/d)ma x (fig. 10) vary from about 75 to
ll0 for Reynolds numbers of about 2.1 x l06 to 6.3 x lO 6 for the GA(N)-2
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iairfoil compared to about 65 to 90 for the GA(W)-I airfoil. Also, the lift
coefficient for maximum llft-drag ratio was increased by about O.10 for the
thinner airfoil.
Comparison of the drag data for the GA(W)-2 airfoil (wraparound roughness)
with the NACA _412, 23012, and 651-412 airfoils (fig. 18(b)) at a Reynolds
number of about 6.0 x l06 with extensive wraparound roughness show about the
same value of cd at design llft coefficient (c I = 0.40) for the GA(W)-2, 23012,
and 4_12 airfoils; however, the 651-_12 airfoil indicates slightly lower values
of cd. The most noticable improvement resulting from the new airfoil design
is the lower profile drag coefficients in the high lift coefficient range.
This improvement is also sho_. 19(b)) when compared to the recent data
(ref. 7) obtained with a narrow strip-roughness applied to the older NACA
651-213 airfoil.
SUMMARY O_' RESULTS
The following results were determined from this investigation:
1. Maximum section lift coefficients at a Mach number of 0.15 increased
from about 1.7 to _.! as the Reynolds number was increased from about 2.0 x lO 6
to 9.0 x l06.
Stall characteristics were generally gradual and of the trailing-edge_o
type.
3. The application of a narrow roughness strip near the leading edge at
a Reynolds number of about 6.0 x l06 resulted in small effects on lift, whereas
extensive roughness wrapped around the leading edge resulted in a decrease in
the maximum section llft coefficient of about 19 percent.
4. Increasing the Mach number from 0.10 to 0.35 at a constant Reynolds
number of about 6.0 x l06 decreased the maximum section lift coefficient about
13
-w I
16 percent, with most of the decrease occurring above a Mach number of about
0.28.
5. The 13 percent GA(W)-2 airfoil compared to the 17 percent GA(W)-I
airfoil, provided about a 0.i0 increase in maximum lift coefficient, reduced
the profile drag coefficients at all lift coefficients, and increased the
lift-drag ratio about 22 percent at cruise and about 14 percent _t climb.
6. Maxim_m section lift coefficient at a Reynolds number of about
6.0 x 106 was about 16 percent greater than the older NACA 23012 airfoil
sect ion.
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TABLE I.- NASA GA(w)-2 MEASb'RED AIRWOIL COORDIN.,TES
ic - 61.01 cm (24.02 inches)
----'1"'----
f
x/c
0.0
.00199
.00498
.01240
.02498
•03747
.04996
.07494
.09992
.i2490
.14988
.17485
.19983
.24980
.29975
.34971
•39967
.44963
.49958
(z/C)uppe r
0.0
.30922
.01481
.02365
•03304
•03957
.04460
.05230
.0_831
• O6323
.06731
.O7080
.07381
.07857
•08171
.08357
.08441
.08425
•08294
(z/e)lower
0.0
-.00486
-.00847
-.01385
-.o187o
-.02196
-.02465
-.02904
-,03246
-.03528
-.03769
-.03966
-.04129
-.04353
-.o4471
-.04508
-.04475
-.04363
-.04149
x/o
• 5495!'
.57h52
.5995o
.62448
.64946
.67444
.69942
.7244o
,74938
.77435
.79933
•82431
.84929
.87427
.89925
.92423
.94921
.97419
.99917
I.O
(z/C)uppe r
.08o25
.o7835
.o76o9
.o7342
.o7o35
.o6688
.o63o5
.05890
.o5446
.o4974
.04476
.o3956
,o3_17
.02864
.02296
,01712
.01112
.00497
-.00143
-,OOl64
(z/C)lowe r
-.03803
-.03562
-.03326
-,03048
-.02745
-.02428
-.02107
-,01783
-.Ol46O
-.o1145
-.00851
-.oo587
-.00357
-.oo187
-.ooo86
-.00052
-.00143
-.00377
-.00720
-,00732
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F
TABLEII.- AIRFOTLORIFICELOCATIONS
I_=6_.o__ c_.o_n_e_)I
UFper surface
x/c
0.00_00
•00630
•o1288
.01945
.o2667
.c3790
.05_50
.06353
.07630
.10133
•20155
.25083
•30067
•35354
.40190
.45097
.50103
.55120
•6016_
•65170
.-70128
.75175
•80139
•85013
.89997
•94943
.98925
Lower surface 'I
0.00000 I
.0067Z?
.GIR0'!
.01840
•02427
•o3o_9
.o5080
•06!:24
•O7805
.09993
.15314
.20053
.25o38
•30131
.35O46
.40252
.44832
•h9918
•54706
•59871
.6h990
.69962
.75038
•79851
.84896
•89990
.94981
.98800
1.00 (base)
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Figure I - Section shape for NASA GA(W)-2 airfoil.
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Figure 2.- Mean c_,mber line and thickness distribution for NASA GA(W)-2 airfoil.
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Figure 6.- Continued.
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Figure 6.- Continued.
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Figure 6.- Continued.
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Figure 6.- Concluded.
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Figure 7.- Concluded.
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Figure 9.- Concluded.
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Figure i0,- Concluded.
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Figure I!.- Typical chordwise pressure distributions for NASA GA(W)-2 airfoil.
M = 0.15; R = 3.0 x 106; airfoil smooth. (Flagged symbol indicates base
pressure orifice).
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Figure 12.- Concluded.
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Figure 13.- Variation of maximum section lift coefficient with Reynolds number for GA(W)-I and
GA(W)-2 airfoils. M = 0.15.
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Figure 15.- Variation of drag coefficient with Reynolds number for GA(W)-! and GA{W)-2
airfoils. M = 0.15; transition fixed at x/c = 0.075.
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Figure 17.- Variation of maximum section lift coefficient with Reynolds number for various
airfoils. M = 0.15; airfoils smooth.
A
.t
,,,,<
cz
Cm
1.6
.2
.8
.4
0
(a) Lift and moment data.
Figure 18.- Comparison of sedion charaderistics of NASA GAIW)-2 airfoil and
NACA 4412, 27012, and 651-412airfoils. M = 0. I.5; R -- 6.0 x 106; wrap-
arm;nd roughness to 0.08c surface length (no. 60 grit).
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Figure 18.- Concluded.
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(a) Lift and moment data.
Figure 19.- Compar;son of section charaderistic__ of NASA OA(W)-2 ar ' NACA
651-213airfoils. M : O.15: R _ 6.0 x 106; stril_ roughness.
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Figure 20.- Comparison of experimental and theoretical section characteristics
for the NASA GA(W)-2 airfoil. M = 0.15; R = 3.0 x 106; transition fixed at
x/c = O.075.
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